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SUMMARY 

A  procedure  has  been  developed  for  the  design  of  transonic  wings  by  the 
iterative  use  of  three-dimensional,  inviscid,  transonic  analysis  methods.  The 
procedure is based on simple  principles  of  supersonic  flow  and  provides  the 
designer  with  a  set  of  guidelines  for  the  systematic  alteration  of  wing  pro- 
file  shapes  to  achieve  some  desired  pressure  distribution.  The  method is 
generally  applicable  to  wing  design  at  conditions  involving  a  large  region  of 
supercritical  flow. To illustrate  the  method,  it is applied  to  the  design  of 
a  wing  for  a  supercritical  maneuvering  fighter  that  operates  at  high  lift  and 
a  transonic  Mach  number.  The  wing  profiles  were  altered  to  produce  a  large 
region of supercritical  flow  which  is  terminated  by  a  weak  shock  wave.  The 
spanwise  variation  of  drag  of  this  wing  and  some  principles  for  selecting  the 
streamwise  pressure  distribution  are  also  discussed. 

INTRODUCTION 

The  early  methods  developed  for  the  design  of  swept  wings  at  transonic 
speeds  relied  almost  entirely on linear  theory  (refs. 1 to 6 ) .  The  successful 
use  of  linear  theory  for  the  design  of  high-aspect-ratio  transonic  configura- 
tions is reported  in  references 5 and 6 .  

Current  transonic-wing  design  procedures  (refs. 7 and 8 ,  for  example) 
utilize  the  general  framework  of  linearized  theory  as  outlined  in  references 2 
to 6 .  However,  difficulties  can  occur  with  this  approach,  especially  for  high 
lift  and  highly  three-dimensional  shapes.  For  example,  wind-tunnel  tests  of 
references 8 and 9 showed  the  existence  of  strong  shock  waves on the  wings  of 
configurations  designed  by  the  use  of  linear  theory. 

Considerable  progress  has  recently  been  made  in  the  development  of  theo- 
retical  methods  for  analyzing  transonic  flows.  Efforts  have  been  under  way  for 
some  time  to  incorporate  two-dimensional  and  three-dimensional  transonic  com- 
putational  methods  into  the  wing  design  process  (refs. 8 to 1 2 ) .  Some  of  this 
work  has  resulted  in  improvements  to  designs  which  were  initially  defined on 
the  basis  of  linear  theory. 

Another  promising  development  is  numerical  optimization  (refs. 13 to 1 6 ) .  
This  approach  is  based  on  the  coupling  of  a  transonic  aerodynamic  analysis 
method  with  an  optimization  method.  In  this  way,  the  wing  profile  shapes  which 
optimize  some  aerodynamic  property  within  a  set  of  constraints  can  be  deter- 
mined.  The  constraints  can  be  used  to  meet  off-design  requirements. 

The  purpose  of  the  present  study is to  develop  a  definite  procedure  for 
the  design  of  transonic  wings  which  utilizes  three-dimensional  transonic  anal- 
ysis  methods  in  an  iterative  fashion.  The  design  procedure  is  based on the 
aerodynamic  principles  of  supersonic  flow  and  therefore  applies  to  those  con- 
ditions  involving  a  large  region  of  supercritical  flow.  The  procedure  provides 
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the  designer  with  a  set  of  guidelines  for  the  systematic  alteration  of  wing 
profile  shapes  to  achieve  some  desired  pressure  distribution. 

The  procedure  is  illustrated  by  the  design  of  the  wing  for  a  fighter  that 
operates  at  transonic  maneuver  conditions.  The  planform  and  twist  distribution 
are  fixed  and  the  wing  profile  shapes  are  altered  to  produce  a  large  region  of 
supercritical  flow  which  is  terminated  by  a  weak  shock  wave.  The  flow is 
assumed to remain  attached. It is recognized  that  the  practical  application  of 
the  maneuver  shape  to  an  aircraft  would  require  the  use  of  variable  geometry. 

This  study  also  presents  some  principles  for  selecting  the  streamwise  pres- 
sure  distribution  on  a  transonic  maneuvering  fighter and-examines the  spanwise 
variation  of  inviscid  drag on the  final  wing  design. 

SYMBOLS AND ABBREVIATIONS 

b 

CD 

CL 

cP 

C 

Cav 

Cd 

ACd 

cl 

M 

Mn 

MW 

P 

PW 
2 

wing  span,  m 

Drag 
total  drag  coefficient, - 

qWs 

Lift 
total  lift  coefficient, - 

%lS 

P - P, 
q, 

pressure  coefficient, 

local  chord  length,  m 

b 

Aspect  ratio 
average  chord, , m  

section  drag  coefficient 

Cd at M, = 0.90 less Cd at M, = 0.01 

section  lift  coefficient 

local  Mach  number 

local  Mach  number  normal  to  local  sweep  line, M cos A 

free-stream  Mach  number 

static  pressure, Pa 

free-stream  static  pressure, Pa 



c1 

free-st .ream  dynamic  pr 

wing area, m2 

essure, Pa 

supercritical maneuvering fighter 

time, sec 

maximum thickness  ratio 

Cartesian  coordinates i n  the  streamwise, spanwise, and vertical 
directions,  respectively, m 

angle of attack, deg 

ratio of specific  heats, = 1.4 

= Y/(b/2) 

local sweep angle, deg 

Superscript: 

* cr it ical  Mach  number conditions 

Subscr ipt  : 

vac  vacuum 

BASIC THEORETICAL CONCEPTS 

Transonic flow is inherently  nonlinear and h i g h l y  three-dimensional  for 
bodies of f ini te  span. Due to  the  nonlinearity,  the flow cannot be divided 
into  the  effects of thickness and camber, as can be  done i n  the case of linear 
theory.  Rather,  transonic flow requires  the  solution of a nonlinear par t ia l  
differential equation and the  careful  control of the body surface  coordinates 
or, i n  particular, of the  surface  curvature. 

Near sonic  speeds,  the flow disturbances propagate forward a t  about the 
same speed as the body  which creates the  disturbances. However, the la teral  
flow has an incompressible  character;  that is, the stream tubes have a strong 
resistance  to change i n  area b u t  not to changes i n  curvature or  displacement 
(ref. 1 7 ) .  This strong  lateral  effect makes the three-dimensional effects of 
f ini te  span a maximum a t  M, = 1 (and also  leads  to  the  transonic  area  rule) . 

Aside  from the shock-wave-boundary-layer interaction problem,  boundary- 
layer displacement effects tend to be of particular importance for  transonic 
designs.  Supercritical  airfoils  generally develop a large amount  of a f t  load- 
ing. These loadings correspond to  pressure  distributions which thicken  the 
upper surface boundary layer a t  the  trailing edge and therefore reduce the 
effective camber i n  the a f t  region (ref.  1 8 ) .  Furthermore, the boundary layer 
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can  have  an  influence on the  three-dimensional  nature  of  the  flow  since  the 
boundary  layer  is a region of low-speed  flow  which  does  not  exhibit  lateral 
incompressibility  (ref. 17) . 

The  inviscid  drag of  a transonic  wing is, of  course,  composed  of  the  usual 
induced  drag  and  wave  drag  components  (refs. 19 to 2 1 ) .  The  wave  drag  is  cal- 
culated  by  an  integral of certain  quantities  over  the  shock  wave  and  is  zero 
if  the  shock  strength is zero.  The  shock  wave  is  an  irreversible  compression 
of  the  flow  which  results  in  a  pressure  distribution  that  gives  wave  drag.  Thus, 
if  the  wing  were  designed to compress  the  flow  isentropically,  the  wave  drag 
would  be  zer0.l 

It is of  interest  to  note  that  an  equivalent  situation  apparently  exists 
in  the  case  of  supersonic  flow  over  a  body.  For  this  case,  Von  Ka/rma/n  (ref. 22)  
indicates  that  a  solution  of  the  exact  nonlinear  flow  equations  would  show  that 
the  wave  drag  was  due  to  a  change  in  momentum  which  is  caused  by  the  shock 
waves. 

Viscous  drag  resulting  from  the  well-known  shock-induced  boundary-layer 
separation is the  dominant  problem  associated  with  the  shock  wave.  This  sepa- 
ration  causes  a  rapid  drag  rise,  buffet,  and  stability  problems  (refs. 18 
and 23). In  the  case  of  fighter  aircraft,  this  shock-induced  separation  reduces 
the  maneuverability  and  therefore  the  combat  effectiveness. 

Due to  the  considerable  adverse  effects  of  the  shock  wave  on  transonic 
aircraft  performance,  the  present  study  has  focused  on  the  development  of  a 
systematic  approach  to  designing  transonic  wings  with  weak  shock  waves.  Since 
three-dimensional  transonic  design  methods  are  not yet  available,  a  three- 
dimensional  transonic  analysis  method  was  used.  The  FLO 22 computer  program 
of  Jameson  and  Caughey  (refs. 24 and 25) was  used.  Their  program  solves  the 
full  potential  flow  equations  and  imposes  the  exact  boundary  conditions. 

A fighter  wing  has  been  designed  for  the  transonic  maneuvering  condition. 
Although  the  conditions  for  which  the  FLO 22 computer  program  have  been  experi- 
mentally  validated  might  not  encompass  the  design  conditions  for  this  wing,  the 
theory  is  believed  to  be  sufficiently  accurate  to  demonstrate  the  design  prin- 
ciples.  The  fighter  wing  was  designed  to  develop  a  large  region  of  supercrit- 
ical  flow  which  is  terminated  by  a  weak  shock  wave.  The  desired  flow  pattern 
was  achieved  by  extensive  iteration  on  the  profile  shapes  at  the  various  span 
stations. On each  iteration,  the  pressure  distribution  was  examined  and  the 
profile  shapes  were  altered  according  to  the  definite  iteration  procedure.  The 
procedure is based  on  the  principles  governing  the  compression  and  expansion  of 
the  supersonic  flow  on  the  upper  surface  of  the  wing. 

~~ ~ 

This  approach is in  contrast  to  the  crest  approach  (the  crest  is  the  loca- 
tion  where  the  tangent  to  the  surface  is  parallel  to  the  free-stream  velocity), 
which  seeks  to  position  the  shock  at  or  ahead  of  the  crest  in  order  to  avoid 
drag  divergence.  What is needed  is  to  reduce  the  shock  strength,  and  then  the 
pressure  distribution  will  automatically  adjust  to  reduce  wave  drag. 
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DESIGN  OF  A  TRANSONIC  WING 

Problem  De  f  in  it  ion 

In this  section,  the  starting  configuration  for  the  design  of  a  wing  for 
a  supercritical  maneuvering  fighter (SMF) is  discussed.  The  present  study  is 
restricted  to  the  design  of  an  isolated  wing. 

An iterative  wing  design  method  necessarily  requires  some  initial or start- 
ing  configuration.  The  starting  configuration  for  the  present  study  is  the 
SME"1 wing  described  in  reference 26. This  wing  was  also  described  in  a  talk 
entitled  "Design  and  Validation  of  a  High-Lift  Transonic  Airfoil"  given  by 
S. K. Hadley, M. J. Mann,  and J. C. Ferris  at  the  NASA  Conference  on  Advanced 
Technology  Airfoil  Research  at  Langley  Research  Center  in  March 1978. The  plan- 
form is typical of many  current  high-performance  combat  aircraft  and is shown  in 
figure 1. The  wing  profile  shapes  were  designed  primarily  by  a  two-dimensional 
strip  theory.  The  twist  distribution  is  shown  in  figure 2. The  design  point 
for SMF-1 and  for  the  current  design, SMF-2, is Moo= 0.90 and CL = 0.86. 

In  order to evaluate  the  result of the  strip  theory  approach,  the  pres- 
sure  distribution  of SMF-1 at  the  design pint was  estimated  with  the  three- 
dimensional  transonic  theory  and is shown  in  figure 3 .  The  results  described 
in  the  previously  mentioned  talk  indicated  that  this  design  resulted  in  measur- 
able  improvements  over  a  wing  developed  in  an  earlier  study.  However,  in  view 
of  the  flow  expansion  ahead  of  the  shock  wave  and  the  strong  shock  extending 
all  the  way  across  the  wing  as  indicated  by  figure 3 ,  it  was  felt  that  addi- 
tional  improvements  could  be  achieved  by  applying  the  three-dimensional  tran- 
sonic  theory  to  the  design. 

The SMF-2 wing  was  designed  by  modifying  the  wing  profiles  of SME"1. The 
objective  was  to  achieve  the  design  Mach  number  and  lift  coefficient  with 
reduced  shock  strength.  The  planform of figure 1 was  held  fixed.  The  twist 
distribution  was  determined  by a vortex-lattice  theory  in  a  manner  similar  to 
that  described  in  reference 27 (fig. 2). The  twist  distribution  was  also  held 
fixed. 

Target  Pressure  Distribution 

In  order  to  reduce  the  shock  strength  and  to  achieve  the  required  high 
lift,  an  upper  surface  target  pressure  distribution  was  chosen  in  which  the 
flow  expands  rapidly  at  the  leading  edge  and  isentropically  compresses  as  it 
proceeds  toward  the  trailing  edge.  Since  the  flow  must  compress  toward  stag- 
nation  conditions  at  the  trailing  edge,  the  only  way  to  simultaneously  achieve 
both  the  highest  lift  possible  and  a  low  Mach  number  just  upstream  of  the 
shock is to have  this  type  of  sloped  pressure  distribution.  Once  the  normal 
Mach  number  upstream  of  the  shock is reduced  by  decelerating or compressing 
the  flow  ahead  of  the  shock,  the  strength of the  shock  is  reduced. In order 
to  avoid  leading-edge  separation,  the  leading-edge  pressure  coefficient  will 
be  limited  to 0.7 times  the  vacuum  pressure  coefficient.  The  vacuum  pressure 
coefficient  (p = 0)  is  given  by 

5 



2 

Another   a rgument   for   th i s  type o f   s l o p e d   p r e s s u r e   d i s t r i b u t i o n  is based  on 
the   shape  of t h e   p l a n f o r m   i n   f i g u r e  1 .  The p r e s s u r e   c o e f f i c i e n t   o n   a n   i n f i n i t e  
swept wing is 

where A is t h e  sweep angle   and M, = M cos A is t h e  Mach number normal to  
t h e  wing a t  the   po in t   where  Cp is measured. I f   t h i s   c o n c e p t  is a p p l i e d  
l o c a l l y  to  t h e   f i n i t e   t a p e r e d  wing  where A becomes t h e  local sweep o f  a con- 
s t a n t   p e r c e n t   c h o r d   l i n e ,   t h e   v a r i a t i o n   i n  c r i t i ca l  p r e s s u r e   c o e f f i c i e n t  Cp* 
across t h e  wing can  be  computed by s e t t i n g  4 = 1.  The r e s u l t   f o r   t h e   p r e s e n t  
planform is shown by t h e   d a s h e d   l i n e s   i n   f i g u r e  3 .  

The v a r i a t i o n  of $* shown i n   f i g u r e  3 i n d i c a t e s   t h a t  i f  a shock wave 
were to occur   nea r   t he   t r a i l i ng   edge   o f   t h i s   p l an fo rm,  it would  be a s t rong  shock 
i n   t h e  case o f   e i t h e r  a c o n s t a n t  or an   i nc reas ing ly   nega t ive  streamwise pressure 
d i s t r i b u t i o n   s i n c e   t h e   s h o c k  w i l l  probably  be almost normal  and w i l l  compress 
the  f low to  s u b c r i t i c a l   s p e e d s .   T h i s  is, i n   f a c t ,   t h e  case wi th  SMF-1. I n  
e f f e c t ,   t h e   t r a i l i n g   e d g e   o f   t h e  wing  does  not  have much sweep benefi t .   There-  
fo re ,   w i th  a t r a i l i ng -edge   shock   wave ,   t h i s   va r i a t ion   i n  Cp* also sugges t s  a 
b e n e f i c i a l   e f f e c t  from t h e   s l o p e d   p r e s s u r e   d i s t r i b u t i o n  (i.e.,  dec reas ing ly  
nega t ive  streamwise; see r e f s .  28 to 30). 

Off-design  performance for t h i s   s l o p e d  pressure d i s t r i b u t i o n  would  be some- 
what  reduced  and  would  therefore require var iable   geometry.   Since  the  purpose 
o f   t h i s   s t u d y  is to de te rmine   t he   ava i l ab le   deg ree   o f   bene f i t   t ha t   migh t   be  
ob ta ined  a t  t h e  maneuver c o n d i t i o n ,   a n y   p r a c t i c a l   l i m i t a t i o n s   t h a t   m i g h t   b e  
encountered   wi th   the   requi red   var iab le   geometry  are not   a l lowed to res t r ic t  t h e  
wing  shape. 

Design Procedure 

Th i s   s ec t ion   desc r ibes   t he   t echn iques  used to modify  the  upper surface 
curva ture   o f  a streamwise p r o f i l e   o n   t h e  SMF-1 wing to provide   the   des i . red  
s loped   pressure   d i s t r ibu t ion   and   reduced   shock   s t rength  a t  the   des ign  maneuver 
cond i t ion .  
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The three-dimensional   f low  f ie ld   around a wing is e s t a b l i s h e d  by the   sound 
or p res su re  waves genera ted  by t h e  wing.  These  pressure  waves  exist ,  of course ,  
in   bo th   the   subsonic   and   the   supersonic   reg ions   o f   the   f low.  However, i n   t h e  
supersonic   reg ions ,   the   zone   of   in f luence   o f  a compression wave or an  expansion 
wave is l imi ted   and  its e f f e c t  .is more e a s i l y   d e f i n e d .  I t  is necessary  t o  es tab-  
l i s h   t h e   r e l a t i o n s h i p   b e t w e e n   t h e  wing  geometry  and  the type of  waves  generated 
by t h e  wing sur face   and   then  to v i s u a l i z e   t h e   e f f e c t s   o f   t h e s e  waves  on the   f l ow 
over   the  wing. It  w i l l  then   be   poss ib le  to d e s i g n   f o r   a . t a r g e t  pressure d i s - .  
t r i b u t i o n   o n   t h e  wing by i t e r a t i o n   o n   t h e  streamwise su r face   cu rva tu re .  

F igure  4 i l l u s t r a t e s   t h e   t r a n s o n i c   f l o w   o v e r  a streamwise p r o f i l e   o f  a 
wing.  The f low  has  an embedded region  of   supersonic   f low  which is te rmina ted  
by a shock  wave.. The chordwise  length is d iv ided   i n to   t h ree   r eg ions   wh ich  are 
u s e d . i n   t h e   d e s i g n  process. The u s e  of   each  region w i l l  be   explained  and 
i l l u s t r a t i v e   e x a m p l e s  w i l l  be  given. 

For   the  sake o f   c l a r i t y ,   f i g u r e  4 shows on ly   an   i dea l i zed  wave p a t t e r n  
caused by  an  expansion a t  the   l ead ing   edge .   This   demonst ra tes   the  well-known 
e f f e c t   o f   r a p i d   e x p a n s i o n  to supe r son ic   ve loc i t i e s   and  l o w  p re s su res  a t  t h e  
l ead ing   edge   o f   an   a i r fo i l   w i th   an  embedded r eg ion   o f   supe r son ic   f l ow  ( r e f s .  29 
and 30). As the   f low accelerates around  the  nose,  it generates  expansion  waves 
which r e f l e c t  f r o m   t h e   s o n i c   l i n e  as compression  waves.  These  compression  waves 
i n   t u r n   r e f l e c t   f r o m   t h e   a i r f o i l  surface as more compression  waves.  Although 
the   ex ten t   and   l oca t ion   o f   t he   compress ion  would  depend  on  such  quantit ies as  
the   a i r fo i l   geomet ry   and   ang le   o f  at tack, t h e  effect of t h e   a i r f o i l   l e a d i n g - e d g e  
region is to f i r s t  expand  the  f low  and  then compress it. 

The l e v e l   o f   t h e   s u c t i o n  peak near   the   l ead ing   edge   can   be   cont ro l led  by 
adjustment  to t h e  camber a n d   t h e   u p p e r   s u r f a c e   c u r v a t u r e   i n   t h e   f i r s t  few per- 
cen t   o f   t he  wing chord. The leading-edge  suct ion peak nea r   t he  root of SMF-1 
was e l imina ted  by i n c r e a s i n g   c u r v a t u r e   i n   t h i s   r e g i o n   w h i l e   h o l d i n g   t h e   t h i c k -  
ness  constant.   This  amounted to a r e d u c t i o n   i n   t h e  local a n g l e ' o f  at tack of 
t h e  wing leading  edge.  

In   t he   midd le   r eg ion   o f   t he  wing prof i le ,   be tween   the   l ead ing   edge   and   the  
shock wave as shown i n   f i g u r e  4 ,  t h e  pressure is determined  by  the  combined 
inf luence   o f   the   re f lec ted   l ead ing-edge   d i s turbances   and   d i s turbances   o r ig ina t -  
i ng   f rom  the   su r f ace   i n   t h i s   r eg ion .  The e f f e c t   o f   t h e   s u r f a c e   o n   t h e   p r e s s u r e  
i n   t h i s   r e g i o n   c a n   e s s e n t i a l l y   b e   v i s u a l i z e d  as a Prandtl-Meyer  f low;  that  is, 
depending on t h e   d i r e c t i o n   o f   t h e  streamwise cu rva tu re ,   t he   su r f ace   e i the r   i s en -  
t r o p i c a l l y  compresses or expands  the  f low. A dec rease   i n   cu rva tu re2   ( convex  
look ing   f rom  ou t s ide   o f   t he   p ro f i l e )  w i l l  decrease  the  expansion  produced by 
t h e   s u r f a c e   i t s e l f .   T h u s ,   i n   o r d e r  to a c h i e v e   t h e   d e s i r e d   i s e n t r o p i c  compres- 
s ion  ahead  of   the  shock wave, the   upper   sur face   curva ture   o f  SME"1 needs to be 
d e c r e a s e d   i n   t h e   m i d d l e   r e g i o n .   I n   f a c t ,  it may even  be  necessary to  have a 
r e f l e x   i n   t h e   s u r f a c e  (a r e v e r s e   i n   c u r v a t u r e )  so t h a t   t h e   s u r f a c e  becomes 

 AS used i n   t h i s  report, t h e  term "curvature"  is used to  r e f e r  to  curva- 
t u r e  which is convex,  the  normal streamwise curva ture   o f   the   upper   sur face   o f  
a wing.  Thus, a decrease   in   curva ture   could   even  mean an   i nc rease   i n   concav i ty  
o f  a r e f l e x e d  or saddleback   prof i le   shape .  
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concave  for  some  distance  and  adds  further  compression  to  any  useful  compres- 
sion  produced  by  the  leading  edge. 

The  final  region  downstream  of  the  shock  wave  can  4e  used  to  obtain  further 
reductions  in  shock  strength  and  to  simultaneously  gain  additional  lift.  There 
are  numerous  situations  in  fluid  mechanics  in  which  an  expansion  wave  interacts 
with  a  shock  wave  and  reduces  the  strength  of  the  shock.  The  simplest  illustra- 
tion  of  this is the  one-dimensional  flow  of  a  piston  moving  down  a  cylinder. 
Assume  that  a  piston  has  started  from  rest  and. is impulsively  accelerated to 
some  velocity.  A  shock  wave  will  be  generated  which  also  moves  down  the  cyl- 
inder,  only  at  a  much  higher  velocity  than  the  piston. 

Figure 5 shows  this  flow  at  a  later  time  when  the  piston  has  made  a  gradual 
deceleration  for  a  short  period  of  time.  The  fluid  motion  is  illustrated  in 
both  the  time-distance  plane  and  the  physical  plane. As the  piston  decelerates, 
it  produces  expansion  waves  which  always  catch  up  to  the  shock  wave,  merge  with 
it,  and  reduce  its  strength  (ref. 3 1 ) .  

Considering  this  phenomenon  in  relation  to  the  three-dimensional  transonic 
wing  problem  suggests  an  increase  in  the  upper  surface  curvature  downstream  of 
the  shock  wave.  This  increase  in  curvature  should  expand  the  flow  and  further 
reduce  the  shock  strength.  The  new  flow  pattern  will  be  one  in  which  the  flow 
just  downstream  of  the  shock is expanded  to  lower  pressures  and  the  shock 
strength  is  reduced. 

Figures 6 and 7 show  two  examples  of  profile  modification  which  illus- 
trate  the  concepts  just  outlined.  The  changes  in  pressure  distribution  are 
correlated  with  the  changes  in  upper  surface  slope  and  curvature  at  the  given 
spanwise  station.  Excepting  the  nose  region  where  geometric slopes are  large, 
the slope of  the  dz/dx  plot is approximately  proportional  to  the  surface 
cur  vat ur e. 

Figure 6 shows  the  effect  of  only  a  decrease  in  the  surface  curvature  in 
the  middle  region  and  figure 7 shows  the  effect  of  only  an  increase  in  the 
surface  curvature  at  and  downstream  of  the  shock.  Both  changes  weakened  the 
shock.  Notice  that  an  increase  in  curvature  moved  the  shock  aft  and  a  decrease 
in  curvature  moved  the  shock  forward. 

The  procedure  described  here  was  applied  at  a  given  span  station,  based 
primarily  on  the  chordwise  pressure  distribution  at  that  span  station.  It  was 
found  that  the  spanwise  propagation  of  disturbances  created  by  changes  in  geom- 
etry  was  stronger  in  the  outboard  direction.  (The  reverse  is  true  for  a  swept- 
forward  wing.)  Thus,  the  spanwise  variation  in  profile  shape  was  determined  by 
starting  at  the  root  and  progressing  toward  the  tip. 

The  actual  implementation  of  this  design  procedure  required  a  computer  pro- 
gram  in  which  the  changes  in  slope  of  a  given  profile  were  specified  and  new 
surface  coordinates  were  calculated. As indicated  in  the  lower  portions  of 
figures 6 and 7,  a  smooth  chordwise  variation  in  the  increment  to  the  surface 
slopes is  required  in  order  to  produce  a  change  in  curvature.  Once  a  new  upper 
surface  shape  was  determined,  the  old  profile  thickness  distribution  was  sub- 
tracted  from  the  new  upper  surface  coordinates  to  determine  the  new  lower 
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surface  coordinates.  Since  the  twist  distribution  was  held  fixed  during  the 
design  process,  the  wing  angle  of  attack  had  to  be  adjusted  as  the  profile 
shapes  were  changed  in  order  to  maintain  the  design CL. 

The  first  step  in  the  design  process  is  to  obtain  a  converged  solution 
on the  initial or starting  configuration  with  the  three-dimensional  transonic 
theory. In the  case  of  the  FLO 22 computer  program,  it  was  found  that 200 iter- 
ations  with  a  crude  grid (96 streamwise, 12 normal,  and 16 spanwise  computa- 
tional  grid  points)  and  several  hundred  more  iterations  with  a  fine  grid 
(192 streamwise, 24 normal,  and 32 spanwise)  were  needed  to  obtain  a  converged 
solution.  Convergence  was  determined  by  examining  the  changes  in  the  pressure 
distribution  and  shock  location  as  the  program  iterated.  Once  a  single  con- 
verged  solution  was  obtained  and  stored  in  the  computer  memory,  the  solution 
for  each  subsequent  perturbed  wing  shape  could  generally  be  obtained  by  start- 
ing  with  the  converged  solution  for  the  previous  wing  shape  and  iterating  for 
only 50 more  iterations.  Fifty  iterations  required 17 min  of  execution  time 
on  the  Control  Data  CYBER 175 Computer  System  operating  under NOS 1.2. 

Results 

After  extensive  iteration  on  the  spanwise  variation  of  profile  shape,  the 
sloped  pressure  distribution  was  finally  achieved  across  the  entire  span  of  the 
wing.  Figure 8 compares  the  final  results  for  the SMF-2 wing  with  the  results 
of SMF-1 from  figure 3. The  expanding  flow  ahead  of  the  shock  wave  and  a  strong 
shock  wave  on SMF-1 have  been  replaced  by  an  isentropic  compression  and  a  much 
weaker  shock  wave. 

The SMF-2 wing  achieves  the  design  lift  coefficient  at  the  design  Mach  num- 
ber  by  developing  a  large  region  of  supercritical  flow on the  wing  while  still 
maintaining  a  reduced  shock  strength.  The  Mach  number  at  the  crest  location 
(fig. 8 )  ranges  from 1.56 to 1.7 between  semispan  stations  of 17 = 0.3 to 0.9. 
Hence,  drag  rise  due  to  shock-induced  flow  separation  would  not  necessarily  have 
to  occur  with  movement of the  shock  wave  aft  of  the  crest  when  a  wing  is  prop- 
erly  designed. 

Selected  profile  shapes  of  the  two  wings  are  compared  in  figure 9. By 
comparing  figures 8 and 9, it  can  be  seen  that  the  isentropic  compression on 
SMF-2 is the  result  of  the  decreased  upper  surface  streamwise  curvature  in  the 
midchord  region  of  the  wing.  The  upper  surface  in  this  region  has  been  flat- 
tened  and  the  curvature  has  actually  been  reversed  in  some  areas. 

The  profile  shapes on SMF-2 were  defined  at  eight  span  stations: 17 = 0, 
0.2,  0.3,  0.5,  0.8,  0.9,  0.95, and 1.0. It was  necessary  to  define  the  wing 
profiles  at  these  span  stations  to  develop  the  desired  pressure  distribution. 
Symmetry  of  the  flow  at  the  root  causes  the  isobars  to  bend  aft  and  cross  per- 
pendicular  to  the  center  line.  The  adjustments  to  the  upper  surface  curvature 
in  the  root  region  were  such  as  to  bring  the  lift  back  forward.  Outboard  of 
the  wing  root,  the  upper  surface  curvature  (and  camber)  increases  in  the  aft 
region  of  the  wing  and  becomes  largest  at  the  wing  tip.  The  profile  shapes 
between  the  root  and  tip  regions  are  similar  to  the  classical  supercritical 
airfoils  of  Whitcomb  (refs. 18 and 23). 
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The  streamwise  thickness  distribution  was  the  same at all  span  stations 
for SMF-1 and'was held  fixed  during  the  design of SME"2.  The  leading-edge 
radius  of  SMF-2  divided  by  the  local  chord  length  is  1.75  (t/c)  where  t/c 
is  the  maximum  thickness  ratio.  The  thickness  included  a  two-dimensional 
boundary-layer  displacement  thickness.  Since  the  pressure  distribution is 
known,  the  three-dimensional  boundary-layer  displacement  surface  could  be  com- 
puted  and  subtracted  from  the  SMF-2  coordinates  in  order  to  determine  the  actual 
or  "metal"  coordinates. 

The  spanwise  variation  of  twist  for  SMF-2 is shown  in  figure 2. According 
to  linear  theory,  this  twist  would  produce  a  constant  section  lift  coefficient 
c2 across  most  of  the  span.  If  the c2 were  constant  across  the  span  and  the 
same  streamwise  pressure  distribution  occurred  at all  span  stations,  the  isobars 
would  be  straightened  along  lines  of  constant  percent  chord.  Figure 10 shows 
the  isobar  patterns  for  the  two  wings  at  the  maneuver  condition.  Although  the 
twist  calculated  by  linear  theory  did  not  produce  a  constant c2 across  the 
span  at  these  transonic  conditions  (fig. ll), the  streamwise  and  spanwise  load 
distributions  of  SMF-2  have  resulted  in  a  much  straighter  isobar  pattern.  This 
straightened  isobar  pattern  provides  a  fuller  benefit  of  sweep  over  the  wing 
and  should  reduce  the  tendency  of  the  flow  to  separate. 

The  spanwise  distribution  of  load  can  be  adjusted  to  achieve  a  compromise 
between  the  induced  drag  and  the  drag  due  to  flow  separation.  Figure  ll(a) 
compares  the  spanwise  load  distribution  of  SMF-2  with  an  elliptic  load  at  the 
maneuver  condition. A far-field  calculation  of  the  induced  drag  (refs. 32 
and  33)  shows  a  penalty  of  only  3.7  percent  above  that  for  an  elliptic  load.3 
Figure 1l(b) shows  the  spanwise  distribution  of c2 compared  with  that  required 
for  an  elliptic  load  at  the  maneuver CL. The  higher cz near  the  tip  required 
by  the  elliptic  load  would  be  more  likely  to  produce  flow  separation  in  this 
region  due  to  the  presence  of  a  strong  shock  wave  and  a  large  adverse  pressure 
gradient.  Thus  the  reduced  likelihood  of  flow  separation  with  the  SMF-2  loading 
is felt  to  be  worth  the  penalty  in  induced  drag. 

As  discussed  earlier,  the  wing  shape  was  tailored  to  produce  a  pressure 
distribution  which  would  reduce  shock  strength  at  the  high  maneuver  lift  and 
transonic  Mach  number.  Since  the  transonic  method of Jameson  and  Caughey  does 
not  include  such  effects  as  shock-boundary-layer  interactions,  separation 
effects,  and  skin  friction,  the  drag  calculations of their  computer  program 
are,  of  course,  of  limited  value.  However,  it  is  of  some  interest  to  examine 
the  spanwise  variation  of  the  calculated  drag as an  aid  in  interpreting  the 
near-field  drag  solution. 

Figures  12  and  13  show  the  effect  of  Mach  number  on  the  spanwise  distri- 
bution  of  section  drag  coefficient  at  the  design CL for  SMF-1  and SMF-2. The 

3Far  downstream,  the  streamwise  flow  disturbances go  to  zero so that  the 
nonlinear  term  disappears  from  the  transonic  small  disturbance  equation.  Hence, 
the  linear  theory  of  reference 32 was  used  to  calculate  the  induced  drag  in  the 
Trefftz  plane  by using.the load  in  figure  ll(a)  corrected  to  zero  at  the  tip. 
The  program  of  reference  33  was  used. 
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increment  in  drag  coefficient  between  the  Mach  number  of 0.90 and 0.01 is 
plotted  for  each  wing.  Although  differences  in  the  loading  have  undoubtedly 
caused  the  ACd  to  include  some  changes  in  induced  drag,  the  Acd  distri- 
bution  generally  correlates  with  the  spanwise  variation  of  shock  strength  for 
each  wing.  (See  fig. 8.) These  results  indicate  that  the  wave  drag  is  largest 
on  the  outboard  part  of  the  wing  where  the  entropy  change  is  the  largest;  and 
that  Acd  is  some  measure  of  the  wave  drag.  Note  that  in  the  outboard  region, 
the  Acd  of SMF-2 is  seen  to  be  considerably  smaller  than  for  SMF-1. 

In  order  to  gain  more  insight  into  the  general  spanwise  variation  of  the 
drag  components,  the  incompressible  drag  distribution  of SMF-2 has  been  sepa- 
rated  into  its  components  in  figure  14.  It  is  recognized,  of  course,  that 
other  components  would  be  present  at  the  design  Mach  number.  Since  the  three- 
dimensional  transonic  theory  does  not  separate  the  various  drag  components, 
the  vortex-lattice  lifting-surface  theory  has  been  utilized  to  calculate  the 
induced-drag  distribution  across  the  wing  (near-field  solution  using  the  method 
of ref.  34)  .4 A near-field  lifting-surface  solution  has  been  used  since,  as 
pointed  out  by  Garner  (ref.  35  or  36),  the  effect  of  the  chordwise  loading on 
the  spanwise  distribution  of  induced  drag  cannot  be  calculated  by  a  Trefftz 
plane  or  lifting  line  solution.  The  effect  of  the  chordwise  loading  is  to 
cause  a  high  level  of  induced  drag on the  inboard  part  of  the  wing  and  thrust 
on  the  outboard  part,  as  seen  in  figure  14.  When  the  induced  drag is added  to 
the  thickness  drag,5  the  result  agrees  well  with  the  total  inviscid  drag  dis- 
tribution  calculated  by  the  three-dimensional  transonic  theory. 

No attempt  has  been  made  to  separate  the  induced  drag  and  the  wave  drag 
at  the  design  Mach  number.  However,  the  combined  results  of  figures  13  and  14 
suggest  that  the  high  drag  levels  occurring  over  the  inboard  portion  of  the 
wing  at M, = 0.90 are  associated  primarily  with  the  effect  of  the  chordwise 
loading  on  the  induced  drag  and  are  not  significantly  influenced  by  the  wave 
drag . 

CONCLUDING REMARKS 

A  procedure  has  been  developed  which  utilizes  three-dimensional  transonic 
analysis  methods  in  an  iterative  fashion  for  the  design  of  transonic  wings.  The 
procedure  involves  selection  of  a  target  pressure  distribution  and  utilizes  the 
principles of both  supersonic  flow  and  shock  formation  and  decay  to  design  the 
wing  profile  shapes  which  will  approximate  the  selected  pressure  distribution. 

The  method  has  been  illustrated  by  the  design  of  the  wing  for  a  super- 
critical  maneuvering  fighter  operating  at  a  lift  coefficient  of 0.86 and  a 
free-stream  Mach  number of 0.90. In  order  to  achieve  high  lift  and  a  reduced 

- ~~ "_ . .  ~ .~ 

4This  distribution  of  "induced  drag"  Cd  contains  the  drag  due  to  both 
the  bound  vortex  system  and  the  trailing  vortex  system,  where  the  former  effect 
theoretically  integrates  to  zero  across  the  span. 

SThe  transonic  program  was  run  for  zero  twist,  zero  camber,  and  zero  angle 
of attack  and  the  section  drag  was  interpreted  as  thickness  drag. 
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shock  strength,  the wing was  designed so that  the upper surface  flow  expands 
rapidly at the  leading  edge  and  isentropically  compresses  between  the  leading 
edge and the  shock location. 

The  requirement for a  three-dimensional  method in the  design of this  wing 
is evidenced by the need to  define  the wing  at eight  spanwise stations.  Like- 
wise, the  detailed  analysis  of  the  embedded  supersonic  flow  and  shock  strength 
required  the use of  a  nonlinear  transonic theory. 

A study of the  spanwise  variation of the  inviscid  drag  components at low 
speed,  coupled with a  study of the  effect  of  Mach  number on the  spanwise dis- 
tribution of total  inviscid drag, suggests  that  the  high  drag  levels  occurring 
on  the inboard portion of the wing  at the  design  Mach  number  are  associated 
primarily  with  the  effect of chordwise  loading on the  spanwise  distribution of 
induced  drag. 

Langley  Research  Center 
National  Aeronautics and Space  Administration 
Hampton, VA 23665 
December  15, 1978 
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Figure 1.- Planform w i t h  aspect  ratio, 3.28; taper  ratio, 0.2142; 
and  maximum thickness  ratio, 0.0465. 
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Figure 2.- Twist  distributions. 
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Figure 12.- Effect of Mach number on  spanwise  distribution of drag 
for SMF-1 as  determined by three-dimensional  transonic  theory 
(refs. 24 and 25). 
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